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Romulus - Martian Aircraft

Overvisw

Despite the advances in technology that man has accomplished, a manned martian aircraft that
can be used for scientific %s?c% the Marssurface s yet 1o be accomplished.

Initially, Group #1 set out to design a Martian aircraft which would be used to collect samples
from the ground for scientific experiments to transport men and material to distant sites. However,
in trying to develop a martian aircraft that could land on areas of Mars other than the home base,
many obstacles were encountered which could not be overcome. Getting the plane off the ground
under its own power was the biggest problem Group #1 faced and it forced the group to change the
mission of Romulus. '

Therefore, it is the objective of Group #1 to create a manned Martian aircraft which can
perform: scientific surveys of particular sites distant from the base; a deployment of scientific
instrument packages by air drop that land rovers cannot accomplish; and rescue operations. All of
these missions require that Romulus fly back to its home base after the mission is completed.

Since the aircraft will be operating in a Martian atmosphere, there will be some changes in the
aircraftdcsignascomparedwaconvemimalEanh,’irphne. The Mars atmosphere has a very low
density which will reduce the dynamic pnssur@byme aircraft. Therefore, the aircraft will be
operating in very low Reynolds numbers (Ré) - approximately 100,000 as compared to values 10
times that on Earth. Because of this large reduction in Re and the requirement for more lift , a
wingspan of 44.01 meters will be necessary to produce enough lift for flight.

Designing the airfoil requires a wing which can operate wnhm the low Re apparent on Mars.
The final airfoil, NASA NLF (1) - 1015 was chosen over the intial airfoil because of its lower drag
characteristics.

As shown on the 3-D view, the design of the aircraft is comparable to a P-38 military airplane.
Attached to the fuselage pod is a high wing device and the two booms extend from the high wing

back to the horizontal stabilizer.
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In powering the aircraft, the initial design of using a combination of fuel cells and solar cells
has been rejected. The plane now has only fuel cells to power the two propellers.

Although enough power has been generated for cruise flight, Romulus cannot takeoff solely
with the power from its two engines. Therefore, a rocket-assisted takeoff analogous to a glider
takeoff is necessary to enable Romulus to liftoff. The rocket still acts as a pulling force, but this
limits Romulus to landing and taking off only at the home base.

Because more fuel cells were required to provide enough power for Romulus to fly, the initial
design goal of 4250 Newton-Mars was not met. The weights division then set a new design goal of
5000 Newton-Mars that was met in the final configurations ( In the following reports, all weights
and forces will be assumed to be on Mars).

Structurally, Romulus has encountered no major problems, and in fact, the use of wood on
some parts of the plane has greatly reduced the cost of the aircraft.

Based upon the results of Group #1 work, there appears to be no serious technical difficulty
involved in 6pemting Romulus on Mars. Although the design and creation of Romulus would be

an expensive adventure, such a vehicle could be most useful in evaluating the Mars surface and in

creating a habitat for mankind.
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INITIAL SIZING DATA SUMMARY

Gross Weight: 4250 N

) L3

Wing Loading: 20.9 N/m2 Maximum Take-off Power
Fuel Weight: 471.8 N Power Loading:
Useful Load Fraction: C} Fuel Fraction:
Geometry Propulsion
Ref. Wing Area = 203.2 mz Engine/Motor Type: Samarium-Cobalt motor

No. of Engines/Motors = 2

¢, at cruise - 0.0484

Cruise Performance

Aerodynamics
C : -
rulse; Cp, .0252
e = .8 h = 1.5km
CL Y
L -
(35) = 15.3 v 70 m/s
max
Take-off; Cp, -<::_’//)’
c -
Lmax 1.6

Landing; € =

C -
hax 1.6
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DESIGN DATA SUMMARY

Gross Weight: 5000 N-Mars
Wing Loading: 25,8 N/m-

Maximum Fuel Weight: 472 N
Useful Load Fraction: g, 24

Geometry
Ref. Wing Area = 193.81 rn2
AR = 10
ALE - ob
A = .67
t/c = .15
Performance

Cruise R, = 500,000
Cruise h =1,5 km
Cruise M = _ 31

Cruise V. =90 m/s
Take-off Field Length =892 m

Take-off Speed *= 53.5 m/s
Landing Field Length = 676.6 m
Landing Speed = 49.6 m/s

Maximum Landing Weight =5000 N
OEI Climb Gradient (%£): = _-3.09 %

2nd Segment =N/A
Missed Approach =Can't be
Sea Level (R/C)p.y =1.16 m/s

Stability and Control

Static Margin Range =1 @ to

done

617 m

Maximum Take-off Power kw
Power Loading: (AZQ )

Fuel Fraction: .0944

Propulsion
Engine Description: samarium-Cobalt motor

Number of Engines -2
Po /Engine =13.0 kw

HeiEﬁf/Engine =56.4 N |
cp at Cruise = .0484 ‘
Prop. Diam. =7.5m ‘
No. of Blades = 2 |
Blade Cruise R, "84,700@ tip
Aerodynamics |

Mrfoll: nasa NLF(1)-1015
High Lift System: plain flaps

Cruise; CD = 0282

o
e, .8
G - .
(L/Dpay) © 14.3 ‘
Take-off; Cp - .6 |
CLMX 1.4
Landing; Cp, = 1.78
v -
Lpax 1.78

Acceptable C.G. Range = .3925 forward of a.c.; .1245 aft of a.c.
Actual C.G. Range = 2850 forward of a.c.; .0005 aft of a.c.
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2.1

AERODYNAMICS

Daniel T. Jensen

As with other aspects of this mission, the acrodynamic requirements of the
proposed Mars airplane are quite challenging. Of primary importance is the unusually low
Reynolds number (for this plane, R, = 500,000) at which the aircraft will operate. On
Earth, applications for airfoils optimized for this Reynolds number are quite limited;
Reynolds numbers in this range are usually found only with birds and model aircraft.
Research into this flight regime has been understandably sparse.

With today's level of technology, it is normal to size and configure the aircraft prior
to selecting an airfoil. Additionally, airfoils are usually created and optimized for the
particular design. Design studies with similar mission profiles have taken this approach.!

For this aircraft, since design of an optimized airfoil was beyond the scope of the
project, airfoil selection was done early in the design process. Airfoils optimized for flight
at very low Reynolds numbers were compared; the NASA NLF(1)-1015 was selected.
While other airfoils had similar maximum lift coefficients and drag characteristics, the
NASA airfoil is unique in that it has been designed to maximize natural laminar flow over
the chord at design Reynolds numbers. For this airfoil, upper-surface separation is
controlled through the use of a "separation ramp". The ramp limits flow separation to a
small arca near the trailing edge. This is especially helpful with the large chord present on
this design. Sectional data for the airfoil are presented in Figure 2-1. Because elliptical
loading has been assumed, the sectional lift coefficient can be assumed to be equal to the lift
coefficient for the wing. Lift curves for take-off, cruise and landing are presented in Figure
2-2. The aircraft takes off conventionally without flaps. The lift curve is thus identical for
take-off and cruise.

The ruling factor in the configuration was simplicity of design. For the mission
description used, it was felt that the simplest and most conventional design would probably
also be the most reliable and best. Because of the large wing area required, a high-wing
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design was chosen. This allows the top of the planform to interact freely with the incident
freeétmam and facilitates placement of control surfaces and high-lift devices. Lastly, the
wing itself must be relatively high off the ground to allow for propeller clearance. This
configuration therefore makes cabin access much easier. The conventional aft tail is
connected by two booms. Because interior cabin space is minimal, the cabin itself fits
entirely under the wing. The booms are used to allow a conventional tail with minimal drag

and weight penalties.
/ ‘waui:iicﬁgn was certainly challenging. Initially a sizing exercise was done using
Lift > 1/2x(density)x(velocity squared)x(surface area)x(lift coefficient).\ Target gross
weight was used as the required lift at cruise and cruise lift coefficient was set at 0.6. This
was done to compare required wing area versus cruise speed. After selection of the cruise
Speed, the next step was providing the requisite wing area most efficiently. In the wing
design process, minimization of span was given high priority. Because the plane must fit
into a small spacecraft compartment for transport to Mars, span had to be kept as low as
possible. For this reason, an aspect ratio of 10 was selected. At the chosen cruise speed of
70 meters per second, the required wing area is 193.81 square meters. Thxscgns;;toa
span of 44.02 meters and a chord length of 4.93 meters. Between the booms, the wing
section has a rectangular planform. Outboard of the booms, the wing tapers to 67% of
chord. This makes the lift distribution much more elliptical and causes the stall onset to
move outboard. Because tip stall is not desirable, a 3 degree washout twist is incorporated.
The wing has 3 degrees of dihedral and is mounted at an angle of -2 degrees to provide

(i_éve'l?ﬂight)at cruise.

Selection of cruise speed was a compromise between conflicting inputs. For the
mission profile, a moderate flying speed is mandated by the rate at which data can be
collected and transmitted by the equipment aboard.2 Additionally, speeds past 70 meters
per second must take compressibility effects into account and require added power.
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However, faster speeds decrease required wing area, which is certainly desirable. The
design velocity was thus set at 70 meters per second as best satisfying the inputs.

A drag decomposition on the design has been completed. Its results are presented
in tabular form in Table 2-1. As expected, drag of the wing is dominant, followed by drag
of the fuselage. Complete polars are presented for take-off, cruise and landing in Table 2-2
amd Figure 2-3.

Aecrodynamically, further refinements are both possible and desirable. These would
best be done with a scale model in a wind tunnel. It would not be economically sound to
send anything but an optimum aircraft the millions of miles to Mars.

! Mark D. Maughmer and Dan M. Somers, "Design and Experimental Results for an
Airfoil for a High-Altitude, Long-Endurance, Remotely Piloted Vehicle,” The Pennsylvania
State University, University Park, PA.

2 Developmental Sciences, Inc., "A Concept Study of a Remotely Piloted Vehicle for
Mars Exploration,” City of Industry, CA, 1978.




Table 2-1
CRUISE DRAG COEFFICIENT BREAKDOWN

Component. (OR
Wing 0150
Fuselage .0069
Twin Booms .0034
Tail 0011
Trim Requirements - .0009
Interference and Gap 0005
Miscellaneous —.0004
0282

Table 2-2

FOR CRUISE (CLEAN) CONFIGURATION,

CD = 039801} - .00080,_ + 0282

FOR TAKE-OFF CONFIGURATION,

Cp = .0398C;2 - .0008C, + 0390

FOR LANDING CONFIGURATION

Cp = .0398C, 2 - .0008C + .1514

53.20
24.50
12.10
3.80
3.20
1.80

100.00
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LIFT COEFFICIENT ( CLP) A

2.6
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PERFORMANCE:
Ken Markuson
Data Used:

Weight of Aircraft = 5000 (Newtons)
Oswald's Efficiency Factor = 8
Wing Area = 193.81 (Meters Squared)
Aspect Ratio = _ 10
Maximum Lift Coefficient = 14 ‘
Parasitic Drag Coefficient = . 0282
Change in Parasite Drag

Coefficient Due to Stall = .008

The performance results have changed appreciably since the preliminary design
report. The self-powered take-off has been abandoned for a rocket assisted take-off. This
type of take-off decreased the need for large amounts of excess power. A rocket assisted
take-off was used because of the weight problems associated with the large amounts of fuel
cells needed for take-off and the increase in the weight of the structure. The rate of climb
for this final report would therefore be about one quarter that of the preliminary design
report. This lack of excess power lead to a critical condition with one engine inoperative.

This aircraft would be unable to complete a missed approach and it would also be
unable to hold any altitude with one engine inoperative. The aircraft would descend with
one engine inoperative, but at a very slow rate. It would take approximately 36 minutes to
descend to sea level from 1500 meters and would cover approximately 115.5 kilometers.




s 0
This would give the puot@fgg;a to get back to base or to find a suitable landing
spot.

The new airfoil that was chosen by the acrodynamics section ga/v\e alower power
required at each altitude and flight condition. But the overall power required was higher
because of the increase in the weight of the aircraft. Figure 3-1 presents the power
required and power available at sea level. Power available was obtained from the
propulsion section. It also presents the stall speed and the increase of power required
| needed close to the stall speed due to the increased drag at stall. The one engine inoperative
power available curve was not shown because it fell below the scope of the graph. Figure
3-2 gives the same data but at the cruise altitude off 1.5 kilometers. All these calculations
were obtained by using an electric engine with all products retained so that there was no
change in weight throughout the flight.

Figure 3-3 shows the level flight performance envelope. The left side of the figure
depicts the stall velocity at several different altitudes. The middle line presents the
maximum excess power at the same altitudes. The airspeed corresponding to the
maximum rate of climb occurs at about 55 meters per second. The right line depicts the
maximum velocity possible at each altitude due to the propulsion limitations. Where these
graphs intersect would give the maximum ceiling of the aircraft. This maximum altitude
occurs at approximately at 2800 meters. Figure 3-4 gave the same results using a different
method. Plotting the maximum rate of climb versus the altitude also gave a maximum
altitude of about 2800 meters.

These graphs were used to determine the complete mission profile characteristics.
The maximum rate of climb at sea level was 1.16 meters per second. The time to climb to
cruise altitude was calculated at approximately 36 minutes. Down field range during climb

was calculated at approximately 122 kilometers. The rate of descent was determined to be
approximately 2 meters per second at cruise altitude with power off. The time to descend
from cruise altitude to sea level was calculated at 12.63 minutes with power off. Down

field range was calculated at approximately 42 kilometers for descent. A power off
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descent was chosen to save battery charge and because a long, smooth, controllable
descent was achieved without power. This leaves a total maximum cruise time of
approximately 7 hours. This time includes approximately 10 minutes for take-off and
landing including taxiing time. This maximum cruise time of 7 hours would give a
maximum total cruise range of 1769 kilometers. This gave a maximum total range of 1933
kilometers. All these results were based on a maximum pilot endurance of 8 hours.

These results show a slight decrease in the performance calculations. from the
preliminary design report. For example the range was decreased by about 100 kilometers.
If the weight of the aircraft could have been decreased and if more fuel cells could have
been used then this aircraft would have been able to take-off under its own power. It
would have then been able to climb out at 8 much faster rate because of the increase in
excess power. This aircraft still has relatively good performance characteristics with this
low excess power. Only 13 percent of the total flight time was used for climb and
descent, this would leave ample time to perform the scientific studies.

3-3
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POWER & PROPULSION
Norman Knapp

The conditions on Mars present unique problems for the propulsion system of a Mars
Airplane. Due to the low percentage of oxygen in the Martian atmosphere, either a
monopropellant fuel must be used or the fuel oxidizer must be carried within the aircraft.
However, combustible fuels may be neglected altogether in favor of sources of electrical
power. Early in the design process, electric propulsion was considered advantageous in
that the problems and costs involved with procuring expendable propellants for each flight
were overcome. An aircraft powered by solar cells or fuel cells could be ready for use
cvery other Martian day. The following design was originally based on an aircraft powered -
by a combination of solar cells and fuel cells. However, a comparison of the two types of
power systems indicated that fuel cells had a greater energy-to-mass ratio. Thus, the final
design is powered exclusively by fuel cells. An overview of the power and propulsion

systems is given in Table 4.1.

Power System: Hydrogen and Oxygen Fuel Cells

Hydrogen and oxygen fuel cells were chosen as the sole power source for the Romulus
Aircraft because they are characterized by the relatively high energy-to-mass ratio of 3.69
kW-hr/kg. A realistic cell efficiency of 80 percent reduces the ratio to 2.95 kW-hr/kg [1].
The energy-to-mass ratio of solar cells depends in part on the cell efficiency and the area
covered by the cells. The Romulus has a total wing and horizontal tail area of 226 m?2 with
control surfaces covering 17 percent of this surface. Assuming that the remaining 188 m2
of the wing could be covered with solar cells having an 18 percent efficiency and that the
mean solar flux at the Martian surface is 590 W/m2 [2], solar cells could provide the aircraft

motor or engine with approximately 20 kW. Using silicon solar cells with a surface

4-1



density of 0.414 kg/m? and a total mass of 78 kg, an eight hour flight would place the
energy-to-mass ratio of the cells at 2.05 kW-hr/kg, well below the ratio for fuel cells.

There are two additional drawbacks to the use of solar power arrays. First, the
available area on the wings and horizontal tail is not sufficient enough to carry solar cells to
provide the total power necéssary to operate the aircraft. An additional source of power
would be required. Second, the solar flux of 590 W/m?2 represents a maximum. The actual
solar power incident on the solar arrays would be less and would vary from hour to hour.

The combined weight of the fuel cell reactants is 472 N. This value is set by power
requirements and system efficiencies which are discussed below. The hydrogen is stored
in gaseous phase under clevated pressures and weighs 52.8 N. The oxygen is also
gaseous and weighs 419 N. The reactants are stored in tanks underneath and behind the
cockpit. Once they are combined in the actual fuel cells, the water that is produced is stored
in a tank in the fuselage area. When the aircraft has returned to its home base, the water
will be separated by means of electrolysis into hydrogen and oxygen for use on future
flights. Power for the electrolysis process will be supplied with ground based solar arrays.

In addition to the weight of the reactants, the weight of the fuel tanks and fuel cell
accessories must also be considered. Using Table 13 from reference [1] and assuming a
reduction in weight due to future advances in lightweight materials, fuel cell accessories
and tanks will have a weight of 205 N. The volume of each of the holding tanks are as
follows: hydrogen, 0.90 m3; oxygen, 2.00 m3; water, 0.13 m3. It is important to note
that considering the additional weight of fuel cell accessories and tanks, the energy-to-mass
ratio for fuel cells is 2.05 kW-hr/kg, a value equal to the ratio for solar cells. Fuel cells are
still favored, however, due to the drawbacks for solar cells listed above.

Power Availabl { Required
Power available data for varying speed and altitude conditions is listed in Table 4.2.
This data was obtained using the physical characteristics of the propeller and Figures 4.1



and 4.2. Power required data for the same conditions is listed in the performance section.
The maximum power available for the propulsion system is set at 26 kW and corresponds
to 80 m/s flight at an altitude of 1200 m. This sets the fuel cell maximum fuel flow rates at
1.75 kg/hr for hydrogen and 13.9 kg/hr for oxygen. However, the aircraft will usually be
operating with lower power availability and lower fuel flow rates For the cruise condition
of 70 m/s at 1500 m altitude, the power available for the propulsion system is 24.88 kW,
and the fuel flow rates are 1.66 kg/hr for hydrogen and 13.2 kg/hr for oxygen. For the
climb condition of 55 m/s at ground level, the power available is approximately 25 kW and
the fuel flow rates will be similar to the cruise condition.

With a maximum power available of 26 kW for the propulsion system and a minimum
electrical system power available of 0.50 kW, system efficiencies (gearbox, propeller, and
motor) require that the fuel cells provide a maximum of 46.25 kW. The electrical system
power is used to operate two sets of systems: scientific instrumentation located in the cargo
area and aircraft avionics. These systems will each require approximately 0.10 kW.

When the aircraft is in take-off mode, it will be propelled by external means and will
not be using its own propulsion system until it lifts off the ground. Shortly after take-off,
the power available will correspond to the climb condition. As for the landing procedure,
the aircraft's propulsion system will be shut down at cruise altitude and the plane will glide
down to the runway. The purpose of the glide is twofold. First, the time for descent is
decreased as opposed to powered flight. Second, a savings in power is achieved. At any

point during the glide the propulsion system could be reactivated in order to effect

mancuvers.

Motor. Gearbox, and Controller
The Romulus Aircraft design incorporates two propeller/motor propulsion systems
located on the wings. Each propeller is linked through a gearbox to a samarium-cobalt

magnet rotor motor which is a derivative of a design listed in reference [3]. Each of these

4-3




powertrains is monitored by an electronic controller which is able to analyze conditions and
sct the propeller rpm in order to maximize efficiency. The total weight of each propulsion
system including propeller, motor, gearbox, and controller is 271 N.

The rare-carth motor was chosen due to its high reliability and relatively low mass.
Each motor weighs 56.4 N and has an average efficiency of 87 percent [3]. Each gearbox
is of the planetary type and weighs 47.0 N. The average efficiency of the gearbox is 95
percent. Each controller weighs only 18.8 N. The controller is located alongside the motor
while the gearbox is located between the motor and the propeller hub [4].

Propeller

The system propeller is based on the 5868-9 propeller with a Clark-Y section and
consisfs of two blades. Figures 4.1 and 4.2 refer to this propeller and plot speed, power,
and torque coefficients versus various physical properties of the blade such as blade pitch,
efficiency, and advance ratio. The propeller design for the cruise condition was based on a
advance ratio, J, of one. This value allowed for a reasonable blade pitch and high
efficiency while maintaining a propeller tip Mach number of less than one.

The blade pitch of the propeller at the three-quarter radius point is 25 degrees. Each
propeller has a diameter of 7.5 m, an efficiency of 86 percent, and a weight of 150.4 N.
When the aircraft is at cruise conditions, the propeller operates at 556 rpm which allows for
a tip Mach number of 0.95 and a tip Reynold's number of 84,700. The propellers rotate in
opposite directions in order to avoid instabilities. A final characteristic of interest is the
ability of the system to lock the propellers in a horizontal position during take-off and
landing procedures. This is accomplished with the use of a locking mechanism located in

the gearbox.

4-4
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II.

TABLE 4.1: POWE ROPULSION P

Energy Density 3.
Efficiency 80.
Maximum Stored Power 46.
Maximum Propulsive Power 26.
Minimum Electrical System Power 0.
Weight of Components 676.
Hydrogen 52
Oxygen . 419.
Accessories 205

Volume of Fuel and Water Tanks

Hydrogen 0
Oxygen 2
Water 0]
POWER TRAIN
Samarium-Cobalt Motor (2)
Weight 56.
Efficiency 87.
Maximum Rated Power 16.
Planetary Gearbox (2)
Weight 47.
Efficiency 95
Electronic Controller (2)
Weight 18.
5868-9 Clark-Y Section Propeller (2)
Weight 150.
Diameter 7
RPM at Cruise Conditions 556.
Blade Pitch Angle (0.75 R) 25.
Efficiency 86.
Number of Blades 2

4-6

POWER SYSTEM: HYDROGEN AND OXYGEN FUEL CELLS
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GREG MALCONEY

GROUP #1

Although the Romulus aircraft may be aerodynamically sound and be able to produce enough
power for flight, it must meet several stability requirements to be safely controllable and
maneuverable during climb, level flight, and landing. In order to achieve this Romulus must be
longitudinally, directionally, and laterally stable.

According to Professor Sivier, a reasonable value for the ratio of the horizontal tail area to wing
area is .20. Due to the large chord and wing span associated with Romulus, a @mﬁng}y
large tail span is also evident - 18 meters. Initially, a larger rectangular horizontal tailspan was
chosen, but the weight of the tail was so big that it caused the plane to be tail heavy. Therefore, the
tail has been tapered and its span was reduced to lower the weight of the plane. Also, the
horizontal tail section was changed from a Wortmann FX 63-137, to a NASA-NLF(1)-1015 in
order to give the plane better drag characteristics (Reference 1).

A negative tail incidence angle was chosen for Romulus to ensure that a down force is applied
on the tail and thus to allow Romulus a more effective lift. Fortunately, the wing incidence angle is 7
less negative than the tail incidence angle so that the wing will have a higher effective lift. .

Despite a stabilizing effect from the dihedral angle for the rolling moment due to sideslip, the
horizontal tail was not inclined because it provided more beneficial effects for longitudinal stability
at zero dihedral angle.

m@@m tails were also selected according to Professor Sivier's recommendations. The two
tails were designed to have a total area equal to .15 of the hon'zontal@ area. Once again, the

tails were tapered so as to reduce weight and to create a more nose heavy plane.(An
" excellent picture of what the tails look like is shown in the 3-D view). In early design

configurations, an error was made in choosing the vertical tail sections to be identical to the wing
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section. Vertical il sections should have a symmetrical design 5o that 5o negative angle of attack
will be produced. Unfortunately, the airfoils used for the wing are cambered and give this
unwanted result. Therefore, the NACA 0009 airfoil was chosen to prevent this occurance
(Reference 2). See Figure 5-1 to get a better idea of what is occuring at the vertical tails. The
Aspect Ratio for the vertical tails are operating at a much lower value than for the wings because of
the small areas involved. '

In order to determine an acceptable center of gravity (c.g.) range to satisfy longitudinal stability
and trim requirements in ground effect (IGE), the neutral point location must be calculated. With
IGE, the c.g. will decrease and this results in a larger Static Margin range (S.M.). S.M. is the
dimensionless distance between the c.g. and the neutral point (See Figure 5-2). See Figure 5-3 to
understand how IGE affects the plane. By increasing the S.M., Romulus will become a more
stable plane. The c.g. most forward limit is located .3925 meters in front of the acrodynamic center
of the wing (a.c.). The most aft c.g. limit is located .1245 meters in back of the a.c. of the wing.
The result is a plane which has positive static stability (See Figure 5-4).

After the horizontal and vertical tail sizings have been completed, the stability and control
requirements at takeoff, cruise, and landing can be calculated. In determining the longitudinal and
directional stability, the horizontal and vertical tail sections were designed to be big enough so that
the control surfaces could be placed onto these sections. 'l‘heelcvatoundmemddermmeconuol
mnfaoeswhchprovxdedwnwessmylmg:mdmﬂanddnecuondsmbihtymspecuvdy Ailerons
provide mcneccssarydcﬂectionforroﬂmgdleplmeandaremvolvedwxdx the lateral stability of the
plane. The sizes of the control surfaces are described in Figure 5-5b. Although Professor Sivier did
not suggest any reasonable values for the sizings, Reference 5 gave some fairly common sizes and
they were tailored to the plane's design. The 3-D view shows the control surfaces and how they are
dimensioned according to the plane. Figure 5-6 shows an excellent description of how the control
surfaces work and what they produce.

¢ Tabulated results for the following are found unda-theAddcndum *

For takeoff rotation, sufficient longitudinal control power is needed to lift the nosewheel at .9 of
the takeoff speed with the c.g. at the forward limit. An elevator deflection of 6° is needed because
the plane itself has a restoring moment that wants to keep the plane at equilibrium. By applying the
elevator deflection, the plane can lift off with the help of the pitching moment (Figure 5-5 shows a
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typical deflection). Romulus has enough elevator control to lift-off. Even though Romulus is not
using a conventional takeoff, the rocket-assisted takeoff still acts in the same way by pulling the
aircraft - analogous to a glider takeoff. _

Another problem which may cause problems for Romulus is if one of its two engines shuts
down during the takeoff. After the rocket has successfully given the plane enough power to lift, the
propeliers will immediately start to rotate. Although the performance section has sﬁown that the
plane cannot hold altitude with one engine out (OEI), the plane can still be held in a straight path
with sufficient directional control. The rudder supplies directional control and produces a yawing
moment around the z-axis that will counteract the drag produced by the inoperative engine. Since
Romulus has two tails, the rudder deflection must total 14° (7° on each) to account for the drag with
OEI at .9 of the takeoff speed - well below the rudder maximum deflection of 30°. See Figure 5-7.
Romulus must also meet the more difficult requirement of maintaining straight flight with no more
than .75 of the available directional control pbwcr and no more than 5° of bank with the engine
failed at 1.10 times the takeoff speed. The rudder deflection produced by Romulus is 9.3° on each
vertical tail - below the maximum rudder deflection again. With the rudder deflected to balance the
yawing moment of the engine, a side force is produced that must be counteracted by rolling the
plane less than or equal to 5°. This rolling gives a component of weight along the y-axis that can
then counteract the rudder sideforce.

In a coordinated turn, the ailerons and the rudders need to be deflected. Because the higher o

Wy
wing has more drag when a plane is rolled, it causes an adverse yaw which needs to be corrected b@
W
§

deflecting the rudder. Romulus met the requirement of sustaining a 30° banked and coordinated

turn at cruise speed and altitude because the sectional wing lift coefficient of .470 is much less than

the maximum sectional lift coefficient of the wing. In other words, the lift required to generate the \%

turn is less than the maximum lift of the wing.

The next step for Romulus was to develop a bank angle of 30° in two seconds after the controls
are applied. During this maneuver, the ailerons are applied to determine the roll response.
Romulus was able to meet the specifications, and in fact, Romulus was able to perform the
maneuver in 1 second.

Although Romulus will be flying with power off during the landing approach, the aircraft will

still be able to stall just before landing. In effect, Romulus will be gliding into the base with wings
5-3
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level ; the plane itself will be losing altitude. With the c.g. at the forward limit, Romulus only

needs an elevator deflection of -2.0° on each elevator. The elevator deflection is so small because ‘

tlwtailincidenceangleisghcadyncgaﬁye. Since the tail angle is negative, a down load on the tail
is produced, and thus an effective lift on the wing is produced.

In the event that Romulus encounters a crosswind landing, it must be able to produce a
sufficient directional control so that a steady sideslip angle of 10° is developed. A sideslip angle
creates a yawing moment. Fortunately, the rudder deflection is 11° on each rudder so that this
requirement is met (8° below the maximum rudder deflection).

Using no more than .75 of the lateral control power (ailerons), Romulus is still able to maintain
wings level flight in a full-rudder sideslip.

In covering the stability and control requirements, Romulus managed to pass all of the
specifications. However, this does not mean that the initial values were used throughout the design.
The stability of the plane depended heavily on the acrodynamics and weight of the plane. Changes
were constantly being made to accomodate the ¢.g. locations given by the weights division. In the
final design, the horizontal and vertical tails were reduced to accomodate the structures and weights

divisions.
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STRUCTURES

Ron Dunn

Structures Overview
The Romulus structures group tasks for developing a Martian

based aircraft were five-fold. The first task was to determine the

e =57
(sloading, shear, torsional moment (about the elastic axis), and the

bending moment diagrams for the flight condition which is design
determining. Second, a wing loading, shear, and bending fnoment
diagram for the maximum gross weight on the ramp. Third, a
discussion of the various materials used and how the Weights and
Balance group influenced the decisions. Fourth, a discussion of the
methods used to size the Romulus wing. Finally, the airframe
structural layout including specialized take-off and landing
components developed by the structures group.
Structural Analysis of In-flight Conditions

Romulus will have level flight wing loading of 25.8 N/m2. This
corresponds to a maximum wing loading of 129.1 N/m2 under the
maximum allowable load of 5g's. The aircraft will experience a
maximum 5g torsional moment at the root of 15,595 N*m and a
maximum 5g bending moment of 5422 N*m also at the root.
Figures 6-1a, 6-1b, and 6-1c illusﬁate how the wing loading, shear,
and bending moment behaves along the span in level flight.
Figures 6-2a, 6-2b, and 6-2c will be explained in the ramp section.

Torsion as a function of span is depicted in figure 6-3.



Obviously, it is the 5g values which yield the most critical
information. With a safety factor of 1.5 built in, it was necessary
to find materials which could easily withstand the inflated values of
shear and moment which a high-g manuver induces. The Romulus

structures group have accomplished these goals and the details will
be discussed shortly.

Structural Analysis of R Condii \ Maxi G
Weight

A similiar analysis to the previous section was performed for
ramp conditions. The only differences considered were the lack of
torsion and the addition of the effects of the extended landing gear.
Figures 6-2a, 6-2b, and 6-2c illustrate wing loading, shear, and
bending moment as a function of span. Naturally, the maximum
values of shear and moment had to be analyzed so that some type
of failure, such as creep, would not occur while being stored on the
ramp. Since this type of failure is beyond the scope of this group
and the magnitude of values did not intuitively seem excessive, it is
assumed that ramp conditions are not inherently dangerous.
However, in the interest of safety, a stress relieving storage system
will be deployed during long term storage. The details of this
system can be found in the Maintenance section of this report.
Materials Selection

The key selection parameter in the choice of materials was

weight. Table 6-1 shows the density of the materials selected for

Romulus.



Material Density (N/m3) Yield Strength
CSD > — |

GR(HMS)EP (0/45/90) 55699 240

(Ref. 1)

Al (2219-T857) 9313.5 57

(Ref. 1)

Al17178 9313.5 88

(Ref. 2)

Spruce 1369.7 61

(Ref. 3)

Birch plywood 2556.6 64

(Ref. 3)

Kevlar-49 79.3 180 (Ref.

4)

Table 6-1. Densities of Romulus materials.

With the advent of composite materials it is not surprising to see
such materials as graphite/epoxy and aluminum alloys as primary
materials. Since high strength and stiffness is required for spars, |
graphite/epoxy with its 4.8X1011 N/m2 modulus will be the
material of choice for the spar. Romulus will have tubular spars
manufactured by wrapping preimpregnated carbon/epoxy strings
in helical layers on a varying cross-section aluminum tube. The
composite will then be cured followed by chemically etching out the
aluminum.

While very few materials can match the structural integrity of
graphite/epoxy and aluminum, wood also has significant structural

benefits. Spruce, a major material in Romulus' ribs, exceeds many



of the mechanical properties of aluminum (except for stiffness) and
Weighs only 15% as much. (Ref. 4) Similiar characteristics are -
exhibited by birch.  Therefore, combining these two woods results
in a significant weight savings. Figure 6-4 illustrates a typical rib
cross section constructed of the above materials. Additionally,
since NASA has used these types of wood for high altitude earth
flight where the climate is similiar to Romulus’ Martian climate,
spruce and birch are further justified for structural materials.

Finally, a decision on the skin for Romulus was chosen. The
materials are kevlar, mylar,and dacron. The choice of kevlar as the
primary skin, especially in the wing, was due to kevlar's higher
resistance to crack propogation.

The advantages of these materials are apparent in the final
weight breakdown. The results for the major components, in terms

of weight, are listed in the Weights and Balance section of this

report. ,
Wing Structure Sizing
A variety of criteria were used in the sizing o” the wing with

failure criteria being the most critical. A prime candidate for

failure, especially 5
in high load situations, is the relatively long spars in Romulus. A

qualitative approach to reduce the risk of buckling is to effectively
make the spar "shorter”. This is naturally achieved since the
aircraft must be broken down for transport. The effect of the
segmented spar is to increasing the load needed for critical buckling
according to the Euler theory. Additionally, styrofoam biscuits will
be placed inside the hollow spars at the rate of 2/meter. The



biscuits will reduce the chance of local warpage thus further
increasing the load needed for buckling. Biscuits will also be used
extensively in the area of the engine in order to act as vibrational
dampers.

The spars will also have additional strength by virtue of being
connected to many ribs. Figure 6-4 depicts the method of
attachment of the spar to the ribs. However, the analysis of this
coupling was beyond the analytical capabilities of this group.
Therefore the primary area in which failure analysis was
performed occured by utilizing the torsional analysis of thin-walled
cylinders theory. A preliminary value indicated that a spar of at
least 0.5mm would be sufficient to prevent buckling. Although this
number is valid for a section, it is assumed that an entire spar with
this thickness would not be applicable. Therefore, a final 5% thick
spar (upper limit of thin wall torsion theory) with a radius of .13m
at the root and linearly tapering to 0.09m at the tip was analyzed
This resulted in a 4.64X107N/m2 sticss which s Glorable By the
spar material. A similiar analysis was performed on the secondary
spar. This spar is also 5% thick ind tapers from 0.08m to 0.07m
and exhibits a 1.98X109N/m2 stress under load. Each analysis
assumed a 1.5 safety factor and assumed each spar carried the full

amount of torsion in the wing. Although the above method seems

ultraconservative, it should yield a failure free spar.
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Airframe Structural Layout

The details of the airframe strﬁctural layout are illustrated in
Appendix 6-A.

Conclusion

It should be noted that the above discussiions are the resutls of
detailed analysis. However many assumptions were made and
consequently many areas were just briefly mentioned. The
foremost topic was skin allocation. Since this group was unable to
trully analyze skin properties, the design was primarily borrowed
from current designs that high-altitude earth aircraft employ and
assumed applicable to Romulus. |

Plates and bulkheads analysis were also essentially ignored.
They are simply mentioned in an attempt to emphasize the need
for extra reinforcement. Only the braces are shown in Appendix 6-
A s0 that a mass of solid areas does not distract from viewing the
drawings.

Finally, the mechanics of Romulus are also assumed. Althought
many items are accounted for in terms of weight (i.e. actuators,
plumbing, etc.) they are not depicted in any of the views. The
primary assumption was that since Romulus' wing is nearly thirty

inches thick, more than sufficient room is available for mechanical

devices.
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Surface Operations
Martin Kim

Many previous problems associated with the take-off and landing, TOL,

performance were finally handled and worked out. A feasible high-lift device was

designed and incorporated into the airfoil. Finally, the sizing of the landing gears and their
placements were calculated. Also, other minor areas of interest were dealt with.

Initially, a conventional TOL with flap deflection was carefully investigated.
Attempting to take-off conventionally with flaps within the required one kilometers of
runway was found to be impossible. The best minimal distance possible was 2200 meters.
Therefore, other alternatives were investigated for taking off. The obvious solution was a
vertical take-off scenario. Unfortunately, it was found that the weight such a system added
was infeasible for the Romulus airplane design goal. An assisted take-off was needed
without adding any weight to the airplane. A simple solution was found when the take-off
scenario of a glider was investigated. Gliders are usually towed into the air by airplanes or

by ground vehicles. Hence, tow the Romulus down the runway with rockets, see Fig. 7-

1. Rockets were chosen because they provided the needed thrust to take-off in Martian \ ‘7

atmosphere. It was calculated that a thrust of 5000 Newtons (N) will be enough for take-

off. Viking rockets were chosen for its performance and availability. One rocket produces
2500 N of thrust and it was not too large or heavy. A towing vehicle was designed, Fig.
7-2, using two rockets producing the needed thrust. It has a 50 meter cable that keeps the
airplane far behind the heat produced by the rockets. The towing vehicle is radio
controlled. Once the Romulus is prepared for take-off, the rockets are turned on and the
vehicle begins to tow. During the transition stage of the take-off, the propellers will be
turned on as soon as it clears the ground. It was estimated that 6 seconds are needed for
the propellers to reach maximum power after being turned on. Therefore, it was found that
a total of 10 seconds were needed before the cable can be unhooked from the plane in the



transition to climb stage. Upon release of the cable, the plane will have énoﬁgh power to
climb to the desired altitude and clear the 15 meter obstacle. At the same time, the rockets
on the vehicle will be turned off and the vehicle will be caught in a net at the end of the
runway. The vehicle is then serviced and prepared for the next take-off.

The G-force experienced by Romulus during the towixig was found to be 2.7-G's.
The structures group found that the plane can handle at least 5-G's of force during cruise.
Therefore, no structural damage will be caused by the towing of the plane. With all this in
mind, the total take-off distance with a 15 meter obstacle was calculated to be 892 meters
with a climb angle of 4 degrees. The stall speed was 48.6 m/s and the lift-off velocity was
53.5 m/s. o . o ,
High-lift systems were extensively analyzed for use during the landmg Plain»t{]aps
were chosen for its simplicity in design and lightness in weight. In the initial sizing, a flap
chord to wing chord ratio, cg/c, of 0.20 was used. This did notproduce the necessary dr;g
for landing within the 1000 meter limit. Itwufoundthatacdcuﬁoofo.BOwﬂlﬁe
suitable. The span of the flaps were 6 meters long. Theuﬁoofﬂ.pmnwingm;wu
0.3049. A flap deflection of 45 degrees was used. Table 7-l lists the change in
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coefficients of lift, maximum lift, and drag due to flap deﬂections. The snll tpeed'

produced was 43.1 nvs, the approach speed was 56 m/s, and the touch dqwn speed was
49.6 m/s2. The drag was 4516.17 N and the lift was 3659.47 N which produced a
deccleration of 3.83 my/s . The total landing distance was 676.6 meters. A conventional
landing with flaps can be achieved without the need for external assist |
The next area of interest covers the TOL gear design. The locations of the gear
placements are shown in figure 7-3. The method of calculations were found in reference 1.
Themaingearsamlocawd6lmcm&omﬂ:eﬁpofﬂxenosemd8mcm6qt&o;:ﬂw
center of the fuselage. The nose gear is at 0.5 metcmﬁomthenpofme Allthegears
arc22mcmcrslongﬁomtheverucalcenmroftheplanetod:emwroﬁ 15 inch diameter
wheels. This distance mainly dependedona 12 to 15 degreeallowancefortheclearameof
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the tail. The clearance for the propellers was not a concern since the propellers will be
locked horizontally during taxing and TOL. The main gears will retract into the underside
of the booms. The nose gear will retract under the cockpit into the fuselage. The weight of
the whole system is less than 150 N. The maximum static loads on each main gears are
2187.5 N. The maximum and minimum static loads on the nose gear is 1092.85 N and
625 N respectively.

Finally, the plane will be taxied by a towing vehicle from the hanger to the runway
and back since the plane was not designed to taxi on its own. Once the plane is ready on
the runway, a step ladder will be placed for the pilot to getinandontof‘tbeplane. All
servicing of the plane will be handled by the maintenance and servicing department in the
hanger. A detailed report on this is found in the auxiliary section.

In conclusion, it was a challenging task for the surface operations group as it was
for all other groups. Many problems were encountered and interesting and creative
solutions were found. The major design philosophy was on basics and simplicity. A
summary of results is listed in Table 7-2. All the requirements were able to be met and
everything was able to be integrated with the plane as a whole.
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Table 7-1.

Change in Coefficients of Lift, Maximumm Lift,

and Drag Due to Flap Deflections.

5° aq

A':I‘max ACDi

15 0.5034 0.1944
20 0.5424
25 0.5678
30 0.620